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SUMMARY

A rocket engine with an exhaust-nozzle area ratio of 25 was operated

at a constant chamber pressure of 600 pounds per square inch absolute

over a range of oxidant-fuel ratios at an altitude pressure corresponding

to approximately 47,000 feet. At this condition, the nozzle flow is

slightly underexpanded as it leaves the nozzle. The altitude simulation

was obtained first through the use of an exhaust diffuser coupled with

the rocket engine and secondly, in an altitude test chamber where sepa-

rate exhauster equipment provided the altitude pressure. A comparison of

performance data from these two tests has established that a diffuser

used with a rocket engine operating at near-design nozzle pressure ratio

can be a valid means of obtaining altitude performance data for rocket

engines.

INTRODUCTION

For the upper stages of multistage space vehicles_ rocket engines

incorporating large-area-ratio exhaust nozzles may be used to obtain

higher specific impulse. The performance of such engines cannot be eval-
uated at sea level unless some means of reducing exhaust-nozzle back

pressure is provided. Because of the cost of additional altitude facili-

ties and on-site availability considerations, it has been proposed that

exhaust diffusers be used and thus utilize the energy of the rocket ex-

haust gases to reduce the pressure surrounding the exit of the exhaust

nozzle. Exhaust diffusers have been used in the past to extend the use-

ful altitude range of altitude facilities in tests of turbojet and ramjet

engines (ref. i). Reference 2 gives rocket performance measurements made

on an engine with an area-ratio-48 exhaust nozzle while using the dif-

fuser technique. There has been some question, however, as to the valid-

ity of this technique in rocket applicat._ons because of the possibility

of boundary-layer feedback affecting the pressures in the exhaust nozzle

and thus affecting the performance measurements.



As part of a general investigation into the design criteria of ex-
haust diffusers for use with rocket engines, a brief program has been
conducted at the NASALewis Research Center to check the validity of the
diffuser technique. Performance measurementsfrom a lO00-pound-thrust
rocket engine with an area-ratio-25 exhaust nozzle operating with
slightly underexpandedflow were obtained while (i) using an exhaust-
diffuser to provide the reduced exhaust-nozzle back pressure and (2) al-
lowing the engine to exhaust to a reduced m_abientpressure in a conven-
tional altitude facility_ these performance measurementsare compared
herein.

The effects of several significant design variables on the per-
formance of exhaust diffusers are not included in this report.

DESCRIPTIONOFAPPA_'_TUS

Engine

The rocket engine used for this investLgation provided a nominal
thrust of i000 pounds at a combustion chamberpressure of 600 pounds per
square inch absolute_ JP-4 fuel and liquid oxygen were used as the pro-
pellant combination. The engine had a combustion chamberdiameter of
2.55 inches_ a throat diameter of 1.20 inch_s, a nozzle exit diameter of
6.00 inches_ and thus an exhaust-nozzle are_. ratio of 25. The divergent
portion of the exhaust nozzle was a 15° hal_'-angle conical section. The
outer shell of the engine consisted of hydro.statically formed helical
water-cooling passages as shownby the cutaway view of the engine in
figure i_ A photograph of the engine installed on the rocket stand is
presented in figure 2.

The injector used in this engine, illu_trated in detail in figure
5, consisted of a flat face madeof nickel End a body of stainless steel.
It employed 82 units of like-on-like impinging jets for fuel and 70 for
the oxidant. The fuel and oxidant jets were arranged in alternate rows
to provide uniform propellant distribution _hroughout the combustion
chamber. Engine ignition was accomplished _y meansof a gaseousoxygen -
propane internal torch_ which ignited the rocket propellants at the in-
jector face.

Rocket Installatic n

As illustrated in the sketch of figure ¢_ the rocket wasmounted on
a thrust plate_ which was suspendedfrom a uounting stand by four 0.Ol2S-

inch-thick flexure plates. The thrust of t_e rocket was absorbed by a

strain-gage-type load cell and the system was preloaded by means of a

spring to ensure positive contact between the thrust plate and the load

cell at all times. The main propellant supply lines were brought up

through the mounting stand using flexible joints.



Fuel and oxidant were stored in A-cubic-foot supply tanks, which
were pressurized to provide propellant flow. Nitrogen was the pressur-
izing gas for the fuel tank and gaseousoxygen for the oxidant tank.
The oxidant tank and supply lines were insulated to minimize heat addi-
tion to the oxidant thus maintaining nearly constant oxidant density
during a series of rocket firings.

Capsule and Diffuser

The rocket engine assembly_ including the thrust system, was totally
enclosed in a capsule_ which consisted of a semicylindrical cover that
was clamped to the engine mounting stand as shownin figures 4 and 5.
The capsule isolated the rocket assembly from sea-level pressure forces
and prevented any secondary flow into the system. The exhaust diffuser,
which wasbolted to the capsule, had an inside diameter of 6.4 inches
and a length of 42 inches. The inlet of the diffuser was approximately
1/8 inch downstreamof the rocket nozzle exit. The diffuser was madeup
of two concentric tubes with the annulus thus formed used as a cooling-
water passage. The kinetic energy of the rocket exhaust is utilized to
produce and maintain a static-pressure rise across the diffuser analogous
to that obtained in the diffuser of a supersonic tunnel, thereby provid-
ing a reduced rocket-nozzle-exit ambient pressure.

Altitude Test ChamberInstallation

The entire rocket assembly was installed in a lO-foot-diameter al-
titude test chamber (see fig. 6). The hot rocket exhaust gases were re-
movedby exhausting the rocket into the facility exhaust system through
which airflow was maintained to ensure complete combustion of the rocket
exhaust products. This facility was capable of altitude operation during
the rocket firings from near sea level to 60,000 feet.

Instrumentation

In order to determine the performance of the rocket engine being
tested_ the following variables were measuredand recorded:

(i) Jet thrust

(2) Fuel flow

(5) Oxidant flow

(4) Fuel and oxidant temperatures
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(5) Chamber pressure

(6) Nozzle-exit wall static pressure

(7) Nozzle-exit ambient pressure (caps[ule pressure with diffuser

installed, test chamber pressure with diffuser removed)

(8) Altitude test chamber ambient pres:;ure

(9) Fuel and oxidant tank pressures

The output of the instruments used in the measurement of these pre-

ceding variables was recorded by two separate systems. The source of

the data presented herein was a multichanne!, high-speed digital volt-

meter, which provided several complete data scans every second. The sec-

ond method of data recording was a 56-channel, direct-writing oscillo-

graph. This device helped to establish the time at which steady opera-

tion of the rocket occurred and provided ve_'ification of the data ob-

tained on the digital voltmeter.

Thrust was measured with a strain-gage compression-type load cell

through a thrust bearing, which prevented error in thrust measurement due

to nonaxial loads. Propellant flows were measured with rotating-vane-

type flowmeters. All pressure measurements were obtained with strain-

gage-type pressure transducers. Locations c.f static-pressure taps are

shown in figures 2 and 4. The oxidant temperature was measured with a

copper-constantan thermocouple and fuel tem I erature with an iron-

constantan thermocouple, both using a i00 ° } oven as a reference

temperature.

PROCEDURE

Steady-state rocket altitude performance data were obtained at a

constant combustion-chamber pressure of 600 pounds per square inch abso-

lute over a range of oxidant-fuel ratios frcm 1.6 to 5.6 by two methods

of altitude simulation. For the first methcd, an exhaust diffuser was

used as shown in figure _ with approximatel_ sea-level ambient pressure

at the diffuser exit. In the second method_ the capsule enclosing the

engine and the diffuser was removed and the ambient pressure in the al-

titude test chamber was reduced to the value previously observed within

the capsule. The rocket performance data, _oth with and without the dif-

fuser installed, were obtained with the same engine and instrumentation

during a l-day test period, thereby improvizg the consistency of the

relative comparison of performance data. T_e instrumentation used dur-

ing this test period was calibrated before snd after the day's rocket

firings.



5

Somesmall variations in rocket exhaust-nozzle back pressure oc-
curred as the oxidant-fuel ratio was varied during firings with the dif-
fuser installed and as altitude test chamberambient pressure drifted
during firings with the diffuser removed. Therefore, the data presented
herein have been adjusted to a constant exhaust pressure to permit per-
formance comparisons more readily. The maximumadjustment applied did
not exceed 1/2 percent in thrust on any given data point. The symbols
used herein are listed in appendix A and the methods of calculations are
presented in appendix B.

RESULTSANDDISCUSSION

A plot of a typical oscillograph trace taken during a rocket firing
with the exhaust diffuser removed is shown in figure 7. Rocket ignition
occurred during a period of low propellant flow (propellant valves par-
tially open)_ the duration of which was approximately 5 seconds. When
ignition was established_ the propellant valves were opened fully and
the engine was allowed to run at design propellant flow. Although the
rocket engine start and shutdowntransients are shownin figure 7, they
do not represent the actual transient accurately because of the rela-
tively slow response of the pressure instrumentation. Valid data were
obtained only during steady-state operation at design propellant flow.

The rocket engine altitude performance data, obtained with and with-
out the diffuser installed, are presented in table I and figure 8. The
rocket nozzle exhausted to a pressure of approximately 2.0 pounds per
square inch absolute, which corresponds to an altitude of A7,000 feet.
The rocket performance parameters such as pressure ratio, characteristic
exhaust velocity c*, thrust coefficient CF, specific impulse I, and
jet thrust are shownas a function of the oxidant-fuel ratio. A compar-
ison of the measuredpressure ratio (fig. 8(a)) showsno indication that
any boundary-layer feedback might have occurred whenthe exhaust dif-
fuser was used. Examination of the other performance parameters clearly
showsthat the use of the diffuser for altitude simulation had no effect
on the measuredperformance of the rocket engine. The results of this
investigation have established that properly designed diffusers used
with rocket engines operating at a nozzle pressure ratio near design can
be a valid meansof obtaining altitude performance data on rocket engines.

SUMMARYOFRESULTS

A rocket engine of i000 pounds thrust at a chamberpressure of 600
pounds per square inch absolute, using JP-4 fuel and liquid oxygen as
the propellant; was operated over a range of oxidant-fuel ratios at a
simulated altitude of A7,000 feet. A 15° half-angle conical exhaust



nozzle with an area ratio of 25 wasused and3 at the altitude simulated_
flow from the nozzle was slightly underexpanded. The altitude simula-
tion was obtained in one case through the use of an exhaust diffuser.
In the second case, the altitude was accomplished with the engine in-
stalled in an altitude test chamber. A comparison of performance data
from these tests indicated that there was n_ difference in the measured
rocket performance for the case with the diffuser installed as compared
with the case without the diffuser. These lata establish that exhaust
diffusers can be used in conjunction with rocket engines operating at
near-design nozzle pressure ratio to provide valid altitude simulation.

Lewis Research Center
National Aeronautics and Space Administration

Cleveland_ 0hio_ June 10, 1959
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SYMBOLS

nozzle flow cross-sectional area_ sq in.

thrust coefficient

characteristic exhaust velocity, ft/sec

thrust, !b

gravitational constant_ 32.17 ft/sec 2

specific impulse, ib-sec/ib

oxidant-fuel ratio

total pressure_ ib/sq in. abs

static pressure_ ib/sq in. abs

exhaust velocity, ft/sec

flow rate, ib/sec

Subscripts :

a

adj

c

e

f

Z

O

T

t

altitude test charaber

adjusted

combustion chamber

nozzle exit

fuel

liquid oxygen

ambient_ external of nozzle at its exit

total

throat



APPENDIX B

METHODS OF CALCULATION

Jet thrust :

Measured Jet thrust, F = _ + __A_-(Pe- po), was adjusted to a con-g

stant pressure Po of 2.0 pounds per square inch absolute.

ing equation was used:

Fad j = Fmeasured + Ae(Po - 2.0)

where Po

Specific impulse:

The follow-

is the measured pressure obtained during the rocket firing.

Thrust coefficient:

Characteristic velocity:

I = FadJ ib

WT ' ibs_

Fadj

c* = Ig ft

CF _ see
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Figure I. Section of rocket engine. (I_ii dimensions in inches.)
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